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NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS
RESEARCH MEMORANDUM

LOAD DISTRIBUTIONS ASSOCIATED WITH CONTROLS AT
SUPERSONIC SPEEDS

By K. R. Czarnecki and Douglas R. Lord
SUMMARY

The status of the control loads problem at supersonic speeds at the
present time is discussed briefly, and some recent test results concerning
the aerodynamic loads associated with various types of controls at super-
sonic speeds sre presented. Anelysis of the results indicates that, for
three-dimensional wings having tip- or flap-type controls at large angles
of attack and control deflections, it is necessary to consider the viscous
effects, such as separation aheaed of the deflected flap-type control,
unporting at the wing-~control parting lines, separation of the flow from
the wing or control low-pressure surface, and the limiting pressures, in
any attempt to predict the experimental loadings. On two-dimensional
balanced trailing-edge control applicatlions, the wing and control loadings
can be predicted with reasonable accuracy except for the balancing portion
of the control, so long as the unporting effect of the control leading
edge on the wing loading is small. The loads associated with two-
dimensional spolilers can also be calculeted and the calculations may be
applied to three-dimensional installations of spollers provided that
the spoller is not operating in a reglion of flow which is separated
from the wing leading edge.

INTRODUCTION

Until recently few experimental date have been available on the
loads assoclated with various controls at supersonic speeds. In order
to establish the limitations of existing theoretical methods and to
develop improved methods of estimating control loads, the langley
Aeronautical Laboratory of the National Advisgory Committee for Aeronautics
has undertaken a number of investigations of control loads at supersonic
speeds. The types of controls investigated include tip and trailing-edge
controls on three-dimensional wings, controls with overheng balance on
a two-dimensional wing, and spoiler controls on both two- and three-
dimensional wings. Pressure-distribution and hinge-moment measurements
were made in these investigations.
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This paper discusses briefly the present status of the control
loads problem at supersonic speeds and presents some typilcal results
from the more recent control loading investigetions. The experimental
results are compsred with linear theory and with improved methods of
analysis where such methods have been developed. In particular, emphasis
is placed on conditions where the usugsl linear theory becomes inadequate.

SYMBOLS . ol
M stream Mach number
R Reynolds number based on wing mean aerodynamic chord
q gstream dynamic pressure
P stream static pressure
Py locel surface pressure _
P, =P -
P pressure coefficient, ———
q
Pr resultant pressure coefficilent,

Lower-surface P ~ Upper-surface P

Pr average section pressure-coefficient differential across
¢ spoiler

Cn section normal-force coefficient

cn% span~loading coefficient )
¢

c wing local chord

(e)]

wing average chord

A wing aspect ratio (based on wing with right and left panels)
A wing leading-edge sweep angle . =

A wing taper ratio

o wing angle of attack _

control deflection relative to wing
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CONTROL CONFIGURATIONS INVESTIGATED

The first two figures (figs. 1 and 2) show a brief résumé of the
scope of the loads Investigations being made. On the left side of fig-
ure 1 is shown the trapezoldal wing which has been tested in the Langley
4. by L-foot supersonic pressure tunnel at Mach numbers of 1.6 and 2.0

for s Reynolds mumber range from 1.6 X lO6 to 6.5 X 106. This wing has
a modified hexagonal section of U4.5-percent thickness with sharp leading
and tralling edges end a flat midsection. §Six flap-type control conflg-
urations have been tested on the wing In order to determine the effect
of control plan form, position, end trailing-edge thickness on the
control loadings. Tests were made for sngles of attack from 0° to 15°
for control deflections from —300 to 300. A typleal group of orifice
stations 1s shown.

On the right side of the same figure, the two-dimensional balanced
trailing-edge controls (ref. 1) which have been tested in the Lengley
9-inch supersonic tunnel are shown. The wing was 6 percent thick and
the investigation was made at a Mach number of 2.4 and s Reynolds number

of 0.8 x 106, with and without fixed transition. Tests were made for

angles of attack from 0° to 10° for control deflections from -20° to 20°.
The varlables considered were: gap between the wing and control, amount
of balance of the control, control profile, and wing tralling-edge bevel.

In figure 2 is shown the delta wing which has been tested in the
Langley 4- by 4-foot supersonic pressure tunnel for approximately the
same renge of conditions as has the trapezoidal wing. This wing was
3 percent thick at the root with a round leading edge, flat midsection,
and. tapered trasiling edge. Eleven control configurations were tested
with this wing, seven of the tip-type and four of the more conventional
flep-type. Variations 1n the flap controls amounted to changing the
trailing-edge thickness and testing the inboard and outboard sections of
the full-span control, together and independently.

In eddition to the controls shown in these two figures, detailled
two-dimensional studies have been made of the flow over a spoiler at
M = 1.935 1in the Langley 9-inch supersonic tunnel (ref. 2), and an
extensive investigation of the effect of attaching a spoliler to three-
dimensional wings has been made in the Langley 4- by L4-foot supersonic
pressure tumnel at M = 1.6 and 2.0.

e — T
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DISCUSSION OF RESULTS

Before the control loadings determined In these investigetions are
discussed, note that it has been established previously that, at super-
sonic speeds, the chordwise loadings on flap-type controls were essen-
tially rectangular in nature and that the spanwise loadings were fairly
uniform for regions not strongly influenced by end effects. Further,
investigations in the Langley 9-inch supersonic tumnel (refs. 3 and L)
and in the Langley 9- by 9-inch Mach number 4 blowdown jet (ref. 5)
indicated that for controls in essentially two-dimenslonal flow, shock-
expansion theory was Iin excellent agreement with experimental resultis
when the boundary isyer was turbulent. ¥or the purposes of this paper,
these findings are presumed to apply to the eppropriate regions and the
main part of the paper illustrates and discusses conditions where these
findings do not apply. More specifically, the main discussion is limited
to illustrations of the loadings associated with one of the flap and one
of the tip controls on the delta wing, the full-span flap control on the
trapezoldal wing, a few of the two-dimensional overhang-balanced controls,
and some two- and three-dimensional epplications of spoilers.

loads on a Trailing-Edge Control on a Delta Wing

In figure 3 is shown a typical spanwise variation of the chordwlse
loadings on the delta wing equipped with the full-span tralling-edge
control for a moderate angle of attack, 6° and a large_control deflec-
tion, 30°. The Mach number is 1.6. The figure 11lustrates two impor-
tant effects which will be discussed in more detail in connection with
subsequent figures. One of these effects 1s the large amount of load
carryover ahead of the hinge line due to separation of the turbulent
boundary layer ahead of the lower or high-pressure surface of the control
as a result of shock-—boundary-layer interaction. The other effect is
the increase in loading experienced by the control along the span toward
the wing tip. This increased tip loadling occurs as a consequence of the
conlcal £low over & delta wing at angle of attack which_induces the
highest wing loadings aslong the wing leading edge when the leading edge
is subsonic. The high experimental loadings shown elong the wing leading
edge in this figure are evidences of this conical flow.

Typlcal experimentsl and theoreticel loadings due to control deflec-
tion alone are shown in figure 4 for three stations on the control con-
figuration shown in figure 3. The pressure loading is plotted against
percent root chord; therefore, the leading-edge locationg for the local
chords are shown by ticks. Inasmuch as the wing is at zero angle of
attack, the linear theory predicts that the entire load will be carried

SONRIDESikigy
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on the control and that the distribution will be rectangular except when
the Mach line from the 1ntersection of the wing leading edge and the
control hinge line crosses the orifice statlion. At this control deflec-
tion of 20°, the experimental load is beginning to build up ahead of

the control because of the turbulent boundary separation. It was found
that, for the Mach numbers of these tests, the turning angle of the
control lower surface which causes the initial separation was always
near 13°, except when the locel Mach number was less than 1.k.

The experimental loading on the control is essentially rectangular;
however, the linear theory generaelly overestimates the loading by a
significant emount. By neglecting the thickness effect, assuming linear
theory for the lifting pressures to be adequate shead of the hinge line,
and using two-dimensionsl shock-expansion theory to predict the control
loading, the agreement between theory and experiment is improved. Flow
studies alsoc show that, at these large deflections, the trailing-edge
shock causes separation from the control upper surface, and here again
the separation angle 1s approximately 13°, If this separation from the
control upper surface 1s consldered, good sgreement between theory end
experiment 1s obtained. At station 6, the agreement is poorer than at
the inboard stations because of the tip effect. Beyond the point where
separation occurs on the lower wing surface ahead of the hinge line, or
beyond 20° deflection for thils particular control, the exact procedure
for applying the cambined linear-theory-—shock-expansion—separation
technique for estimating loads has as yet not been established because
of the complicated way 1n which the separated flow reattaches to the
control shead of the tralling edge.

The experimental and theoretical combined loadings due to an angle
of attack of 12° and a control deflection of 20° are shown in figure 5.
Ieading-edge flow separation on the upper surface 1s known to exist for
this condition. The separation limit line shown on the sketch of the
wing plan form was determined from the upper-surface pressure distribu-
tions and indicstes the extent of the separated region from the leading

edge.

The carryover of load ghead of the hinge line has increased slightly
because of the addition of angle of attack to the condition shown on the
previous figure (fig. 4). At station 6, the flow is completely separated
and the experimentsl loadlng bears little resemblance to the linear-
theory prediction. The linear-theory predictions of control loadings
are agaln much too large; however, by using the shock-expansion technique
previously described and considering the separation from the control
upper surface, it 1s possible to get a much closer gpproximation to the
experimental loadings. Hence, it may be concluded that by the judicious
use of the combined linear-theory-—shock-expansion—separation theory,
control loadings can be estimated with good accurascy for this type of
control except when the flow begins to separate ahead of the hinge line
and except in regions affected by tip effects or leading-edge separstion.

P



6 ORI NACA FM L53D15a

In figure 6 are shown spanwise loadings and center-of-pressure N
locations for the full-span trailing-edge control on the delta wing for
conditions which cannot be handled by the advanced theoretical technigue.

Curves ere shown for the load on the control slone and for the complete *
wing. The angle of attack is only 6°, but the control deflection is 30°.
The results indicate that linear theory badly overestimates the control
loading =t ell stations across the span and that it underestimates the
effect of angle of attack on the span load distribution. The shape of
the predicted and experimental spanwise loadings for the complete wing
are in good agreement, snd, although the linear theory overestimates

the loads, the discrepancy between theory and experiment 1s much less
than for the control alone. Since it would be expected that the defi-
clency in control loading would also be evident on the complete wing
loading, the improvement in agreement must be due to the increased load
on the wing from the carryover. ' - o

The linear-theory prediction of the spanwise varistion of the
chordwise center of pressure of the load on the control, shown on the
right of the figure, is in good agreement with the experimental results.
The linear theory predicts a somewhat more rearward location of the
center of pressure for the complete wing than is obtalned experimentelly
because of the aforementioned forward carryover of the control loagd.

Loads on a Tip Control on a Delta Wing

A typical spenwise variation of the chordwise loadings on the delta -
wing having a tip control 1s shown in figure 7. The wing is at an angle
of attack of 6° and the conmtrol deflection is 309, although, for purposes
of clerity, the control is shown undeflected. Along the wing leading
edge, the rounded distribution characteristic of leading-edge separation
is again evident. Farther back along the wing stations, violent loading
changes occur because of the unporting effect between ‘the wing and
control at the parting line which allows an interchenge of pressure from
the high-pressure side of the control to the low-pressure side of the
wing and from the high-pressure side of the wing to the low-pressure
side of the control. These abrupt loading variations occur on both the
wing and control and are more pronounced st the stetions immediately
:ﬁjacent to the parting line and tend to fade out with distance from

is line. h

In figure 8 are shown typical experimental and linear-theory
loadings on the tip-control configuration due to control deflection
only. Loadings are shown for three typical stations at 20° deflection.
In the present case, the linear theory predicts that some load will be
carried on the wing behind the Mach line from the control apex. At the .
inboard wing station, linear theory and experiment are in fair agreement,
the load being carried on only the last 20 percent of the chord., Near 3

sqevsspmerthy
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the parting line, the experimental variation of loading is erratic, and
neither the shepe nor magnitude of the loading 1s predicted by llnear
theory. As previously noted, this effect might be expected since the
linear theory does not take into account any unporting of the control.

On the control itself, the upper-surface flow tends to separate from the
leading edge, with the extent of the separation increasing from the
control apex outboard as shown by the separation 1limit line on the plan-
form view. At station 6, therefore, the flow is separated over much of
the upper surface and the experimentsl loading does not agree with the
theoretical loadling. The sudden loss in loading at this station behind
the 90-percent root-chord statlion is due to the separation of the flow
from the control upper surface previously noted which precludes the
expansion around the corner present on the upper surface at that station.
It should be mentloned at this polnt that at the present time no improved
theoretical methods of estimsting detalled loadings comparable to that of
the trailing-edge control are available for the tip-control configuration.

In figure 9 are shown the experimental and theoretical combined
loadings due to an angle of attack of 12° and a control deflection of 20°
for the same delta wing and tip control. For this condltion, the leading-
edge separation starts from the wing apex and covers & large share of
the wing and most of the control. At the Inboard station, the experi-
mental and theoretical loadings due to angle of attack agree fairly well,
but the experimental results indicate lilttle effect due to control deflec-
tion. Near the parting line, the agreement over part of the chord is
good; however, this sgreement 1s fortuitous in view of the erratic
behavior of the loads in this region which cause changes such as that
near the trailing edge at this station. At station 6 on the control,
the upper-surface flow is completely separated and the linear theory
completely overestimates the loading. This overestimation of load is
to be expected, inasmuch as at these high angles of inclination of the
surface to the air flow, the pressures on the lower surface approach a
positive 1imit (stagnation pressure) and the pressures on the upper
surface approach absolute vacuum; therefore, the linear theory which
permite the additlon of the pressures due to angle of attack and the
pressures due to control deflectlon is no longer valid. Obviously, for
this type of control, considerably more anelysis is required before
satisfactory methods of estimating detalled loadings can be developed.

In figure 10 are shown the experimental end theoreticel spanwise
loadings and center-of-pressure locations for the tip control on the
delta wing. The curves are presented for an angle of attack of 6° with
control deflections of 0° and 30°. With the control undeflected, the
linear-theory prediction of the loading is in excellent agreement with
the experiment, except near the tip where there 1s a small loss 1In
experimental 1ift. When the control is deflected, the experimental
control loading 1s considersbly less than the theoretical control loading
and the spasnwise variation of the loading is conslderably more linesar.

In addition, there is little or no carryover load on the wing. This
lack of experimental load carryower ocours-feor nearly all angles of attack

and control deflection.
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The linear-theory prediction of the center of pressure of the loads
on the wing and control are in good esgreement, both for the undeflected
and the deflected control, despite the differences in loadings shown. .
On the basis of these experimental results and similar spanwise loadings
and center-of-pressure locations at other angular conditions and for
other tip-control configurations, it is possible to make fairly reason-
able estimates of over-all control bending and hinge moments for tip-
type controls desplte the inadequacy of the linear theory.

Application of Results to Other Delta-Wing Control Qonfigurations

Returning to figure 2, an examination of the various control con-
figurations tested shows that the general conclusions concerning the
loads associsted with the tip control and flap control already discussed
will apply to the other related controls. Ahead of the trailing-edge
controls the turbulent boundary layer separates when the deflected
control causes a sufficlently large pressure rise. At high control
deflections, the separation of the flow from the low-pressure surface
and the limiting pressures must be taken into asccount in any sttempt to
predict the loadings. Near chordwise parting lines, loadings will be
errgtic and carryovers negligible. The effect of traiiing-edge bevel
is to change the angles of control deflection at which separation at the
hinge line and on the suction surface will sppear. The 13° criterion
will still hold.

Comparison of Control Loadings on & Delts and a Trapezoidal Wing

A comparison of the spanwise loadings of trailing-edge controls on
a delta and a trapezoidel wing 1s presented in figure 11. The angle of
attack is 6°; the control deflection is 30°., The test Mach number is I.6.
In general, the loadings on the controls on both wings are similar if
allowance is made for the taper on the trapezoidal-wing control. On the
delta-wing contrcl, however, an increase in angle of attack tends to
increase the loading on the outboard hinges. No such change in load
distribution occurs on the control on the trapezoidel wing with increasing
angle of attack except for a very small region close to the wing tip
where the tip vortex begins to form. Obviously, the method previously
presented for estimating detailed loadings on the delta-wing control will
epply even more readily to estimations of loads on the trapezoidal wing
for control deflections below the critical value. For control deflec-
tion above the critical value the only availsble theory (linear theory)
is, of course, inadequate as indicated by figure 11.
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Loadings on Two-Dimensional Controls With Overhang Balance

Some of the more important loading characteristics found in tests
of two-dimensional flap-type controls with overhang balance asre shown
in the next three figures. In figure 12 is shown a comparison of the
pressure distributions and schematic disgrams of the flow over a typleal
control configurstion with and without bevel of the wing shead of the
control. The angle of attack is 8°, the control deflection is 8°, and

the test Reynolds number is 0.8 X 106 for a Mach mumber of 2.41. Transi-
tion was fixed in order to assure a turbulent layer.

On the blunt trailing-edge wing, the flow follows the airfoil
contours to the wing treiling edge as indicsted in the upper left sketch
in figure 12. Behind the trailing edge the wake 1s very wlde and the
balance or forward paert of the control is immersed largely in a dead-air
region. Behind the hinge line the flow generally follows the contour of
the control. The experimental pressure distribution corresponding to
this flow is shown as & s80lid line in the plot st the lower left. The
theoretical pressure distribution, obtalned by meens of shock-expansion
theory, 1s shown as dashed lines. Because of the complicated nature of
the flow, no theoretical pressures were camputed over the control shead
of the hinge line; behlind the hinge line, the pressures were computed as
if this part of the control were sttached directly to the main wing,
without forward balance, without any dead-sir region, and without any
surface discontinuity. A comparison of the theoretical and experimental
results shows remerkebly good agreement for those parts of the wing and
control for which theoretical calculations were made, despite the neglect
of the balancing portion of the control. The experimental load on the
control balence 1s negligible, as is to be expected, except where the
flow from the lower wing surface impinges slightly shead of the hinge
line.

On the beveled tralling-edge wing the flow does not follow the
alrfoll contour completely but separates from the upper wing surface
ehead of the tralling edge as indicated 1n the upper right diagram in
flgure 12. This separation of the turbulent boundary leyer occurs ss
8 result of the unporting of the control leading edge. In this respect,
the projecting nose of the control acts in the same manner as & spoiler.
On the lower surface of the wing the flow impinges much closer to the
control leading edge than for the case of the blunt wing. The corre-
sponding theoretical and experimental pressure distributions are indicated
in the plot at the lower right. On the upper wing surface behind the
fifty-percent-chord station, the separated flow causes an increase In
pressure, hence, a decrease in wing loading. On the balance, the pres-
sures on the lower surface are higher and cover a wider area. Except
for the separated reglon, theoretical and experimental pressures are

again in good asgreement.
gy e - SR Ty,
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In figure 13 is shown the effect of fixing transition on the chord-
wise loading for a typical control configuration on the blunt trailing-
edge wing. The shock-expansion theory predicts the loading very well
in the turbulent case, both on the wing and on the control behind the
hinge line. In the lsminser flow case, the loading over the rear of the
wing and over the control behind the hinge line does not agree as well
with the shock-expansion theory because of the separation of the laminar -
boundary layer from the upper surface of the wing and control., ILaminar
boundaery layers are very susceptible to separation at supersonic speeds.
In the simpler cases, laminar separation can be treated in a manner
similar to that proposed earlier for the turbulent boundary lasyer, except T T
thet the flow separation angles are on the order of 1° to 3° rather than ‘
epproximately 13°.

The effect of control unporting on the blunt wing is illustrated in
figure 14. The results are shown for the control with 82-percent balance
with laminar boundary lsyer. At 8° control deflection the control is
unported and has no effect on the loading over the wing. The control
leading edge operates in a dead-air region; therefore, the balance
loading is negligible. The experimental results are in good agreement
with theory except behind the hinge line where lsminar separation occurs
on the upper control surface. -

When the control is deflected to 20°, the leading edge unports and
the flow on the upper wing surface 1ls separated. Because the boundary -
layer is laminar, separation occurs ss far forward as the corner at the '
30-percent station., If it is assumed that the lower surface of the
control belance is in a dead-air region and that the upper-surface flow : s
attaches to the control st the leading edge and, hence, follows the )
control contours, then the theoretical loadings indicated herein are
obtalned. The experimental and theoretical loadinges on the balance are
in fair agreement, but the loadings on the control behind the hinge -
line are not. This discrepancy occurs because & small amount of flow
from the upper surface through the gap tends to deflect the lower-surface
flow downward so that it impinges on the control near the trailing edge.

In considering the remaining variables of the tests, mentioned in
the discussion of figure 1, it may be stated that the effect of increasing
the gep between the wing and control was to meske the control behave more
like an isclated airfoll. The effect of increasing the balance was to
reduce and spread out the peak load shead of the hinge line because of ]
the reduction in leading-edge angle of the control. Making the control
nose elliptical made the unporting effects appear at lower control deflec-
tions. Blunting the tralling edge simply changed the control angles for
trailing-edge separstion as discussed previously for the flap control on

the delta wing. -

SONPTIENGRL

TR My e, A TP,



NACA EM L53D1%a e ] 11

Loads Due to Spoilers

In order to gain a little insight into some of the characteristics
of spoiler loadings at supersonic speeds a two-dimensional schlieren
photograph, a schematic flow diagram, and a pressure distribution are
shown in figure 15. These tests were made at a Mach muber of 1.93 for

a Reynolds number of 1.87 x 106, and the condition presented is for an
angle of attack of O° with a 5-percent-chord helght spoiler at the
TO-percent-chord station. The flow over the surface msy be traced by
the arrows through the leading-edge shock, past the transition fix, then
through the expansion around the corner. Some dlistance ahead of the
spoiler the flow separates, causing a shock at the separation point and
e dead-air region ahead of the spoiler. The flow then expands around
the spoiler and tends to follow the rear surface of the spoliler. Because
of the presence of the wing, however, the flow separates and reattaches
to the wing some distance behind the spoiler. In this reattachment
process the flow is usually turned through two angles as indicated by
the double shock.

Without the spoiler, the shock-expansion theory (dashed line)
adequately estimates the pressure variation along the wing. When the
spoller is attached, the method of Donaldson and Lange (ref. 6) may be
used to predict the separation point and pressure rise shead of the
spoller as shown by the dotted line. The remaining pert of the flow
was calculated by a rather lengthy iteration procedure based on the
flow dlagram just discussed. Indicstions are, nevertheless, that the
calculstions mey be reduced to a simpler flow model involving an initial
separation angle of about 13° and an empirically determined ratio of
spoller expansion angle to initial separation angle.

In order to illustrate what might be a limiting cese of the applica-
bility of two-dimensional spoiler results to a three-dimensional wing,
the results of tests of en unswept spoller mounted on a delta wilng are
shown in figure 16. The spoiler height was 5 percent of the wing mean
aerodynsmic chord and the tests were made at a Mach number of 1.6 for a

Reynolds number of 4.2 X 106. Pressure distributions for two statlons
on the wing are shown in figure 16 for an angle of attack of 12° with
the spollers mounted on the upper or lower surface and with no spoiler
on the wing. The calculated separation pressures are based on linear-
theory lifting pressures for the wing, neglect of thickness effects,

and the assumption of a separation angle of 13°. At the inboard station
the effect of the spoiler on the pressure distributions was very similar
to that previously shown for the two-dimensional tests. There is a
sharp pressure rise ahead of the spoiler, an essentislly constant pres-
sure to the spoller, and then a large expsnsion and subsequent compres-
sion to the trailing edge. At the outboard station, the lower-surface-
spoiler effect is still the same; however, the pressure rise shead of the

R s
T
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upper-surface spoiler is almost eliminated., It appears that, since the
flow towards the tip of a delta wing tends to separate Talirly essily at
high angles of attack, in this case the spoller has caused upper-surface
separation from the leading edge with the resultant change in
characteristics. -

The spanwise varlation of the pressure differential across the
spoiler, or spoiler chord force, is shown in the lowerﬁright of fig-
ure 16. The variation is generslly constant except at an angle of
attack of 12° with a spoller on the upper surface when there 1is a decided
decrease In chord force at the outer portlon of the spoiler span due to
the leading-edge separation Jjust described.

CONCLUDING REMARKS

In summary, it may be sald thet there 1s aveilable a large amount
of loeds date at supersonic speeds to ald in the estimestion of control
loads on all types of controls. Also, rapid progress Is being made in
improving theoretical and empirical techniques of estimsting detailed
or over-all loadings. As was pointed out in the discussions, neverthe-
less, much work yet remsins to be done before the over-all problem can’
be considered solved. - )

Langley Aeronautlcal ILaboratory,
National Advisory Committee for Aeronautics,

Langley Field, Va.
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CONTROL CONFIGURATIONS 1ESIED
TRAPEZOIDAL WING 2-DIM. BALANCED
M=1.6 AND 2.0 CONTROLS PERGENT

R=1.6 TO 6.5x106 M=2.4 R=0.8xi06 BALANGE
— R = 38

— ) < a8

—mem < - 38

| | e < 3

L/JEW <‘"'=E'<> - %

ORIFICE STATIONS - < 60
IF'W | —mm— ;62 -
e o T 82
- —_—m < &2
——mEc— - 60
Vs T
Figure 1.

“SHNACA~” CONTROL CONFIGURATIONS TESTED B

DELTA WING
M=16 AND 2.0

R=17 TO 7.6%106
l

ORIFIGE STATIONS

[FEENANE

Figure 2.
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THREE-DIMENSIONAL LOADING
TRAILING-EDGE CONTROL

1.54 M=.6; a=6°; 3=30°

CHORDWISE LOADINGS DUE TO 3
M=16; a=0° 8=20°

1 " 1 THEORY
-2 Fomn 2 LINEAR
THEORY~{2] SHOCK-EXPANSION—- 21
8- [ .8 SHOCK-EXPANSION+
Pr STATION 2 PR SEPARATION W)
A pu STATION 4
EXP.
L.E. ) L.E. k
I . - i :
50 00 © 50 100
PERGENT ROOT CHORD PERGENT ROOT CHORD
MACH LINE~Z4 27 r-n
-
8- —
y STATION 6 ;
PR
4
——G LE.
; : l
W 0 50
PERGENT RDOT CHORD
Figure L.
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CHORDWISE LOADlNGS DUE TO @ AND 8

o=
®  THEORY ® T3
1 LlNEAR—/V.‘_{ N L d
h21 | SHOCK- 1.2+ i
! EXPANSION STATION 4 1
8 | SHOCK- 8-
EXPANSION+
PR [EXRA SEPARATION PR N
4 S o -
STATION 2
50 100 (o} y 100
PERGENT ROOT GHORD PERCENT RGOT CHORD "
™
==

i
1
STATION & ,‘(!/\

< I o 50
PERCENT ROOT GHORD

Figure 5.

SPANWISE LOADING AND CENTER OF PRESSURE

=1.8; a=6%

—EXP.

------ LINEAR THEORY
201

COMPLETE WING
40-

PERGENT
ROOT
CHORD
60
COMPLETE
~~~~~~ WING
804 TN
H‘.—' -
7)),
|oo /////// //// 772
.E: 1
PERCENT gEMISPAN
Figure 6
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i THREE- DIMENSIONAL LOADING
TIP CONTROL

- 1.5 Ms1.6; a=6°; 8=30°

1.04
PR
5+
o]
ROOT CHORD ——
Figure T.
CHORDWISE LOADINGS DUE TO &
- M=16; a=0°; 8=20"
1.2 1.2
STATION 2 STATION 4
8 8+
PR Pr LINEAR THEO /
4 4
0 | l */7‘1 o
o] 50 IOO

]
100 o
PERCENT ROOT CHORD PERCENT ROOT CHORD
SEPARATION LIMIT

MACH LINE 1.2
STATION 6
6 8-
STATIONS
—Pr | .
o
; N o0 s0  LE. 100
- PERGENT ROOT CHORD
Figure 8.
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CHORDWISE LOADINGS DUE TO @ AND 8

M=i6; @=12%820°

STATION 4

nao
"
L2 ‘ .2+
i STATION 2
1]
8- LINEAR THEORY: 87
PR EXP. / Pr
a4 | TV = 4
0 50 100 O
PERCENT ROOT CHORD
SEPARATION LIMIT
MACH LI
¢ %/ 2]
STATIONS &7 84
a4

STATION 6

50
PERCENT ROOT CHORD
RS

50
PERCENT ROOT CHORD

1004~

6
o—
——EXP.
-——LINEAR THEORY 201
PERCENT
o g ROOT CHORD
of .’ /-\\\30‘, 40-
6-
c
c
M4 _oz==
2. 60-
1
o 50 100
PERCENT SEMISPAN 80-
Figure 10.
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TRAILING-EDGE CONTROL LOADINGS’

M=1.6, a=6° 8 = 30°

——— LINEAR THEORY
N\ —— EXPERIMENT
\Y
Chg \ cng
1.0- 1.01 N\
/7 \ . 7\
P N

GOMPLETE
w

50
PERCENT SEMISPAN

50
PERCENT SEMISPAN

Figure 11.

FLOW CHARACTERISTICS—TWO-DIM. BALANGED CONTROL
Ms=2.4l; R=0.8x105, q=8°; 2s=8°
38 PERGENT BALANGE; FIXED TRANSITION

T 1 ] t

= _
\ N
BLUNT WING

-2 _ == 1 Cmamze———m 3
o 2 P .

4 - THEORY

67 | : Exp—"

& | : U

1.0- i :

0

50
PERCENT CHORD

100 O 50
PERCENT CHORD <
Filgure 12.
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EFFECT OF FIXING TRANSITION
M=2.4l; R=08xI05; a-8°, 8s8°
38% BALANGE

\K

LAMINAR T
- A A 2-T|5 URBULENT "
6- EXP.\FI - {
PR 4- THEORY: 1
5 vas=y S
2 -
|
T 1 I
(o] 50 00 O 50 100
W PERCENT CHORD PERGENT CHORD
Figure 13.
NSS EFFEGT OF UNPORTING }

Ms2.4l; R=0.8x10%, as2°
829% BALANCE; LAMINAR BOUNDARY LAYER

B S s b N
.54

3:8° 8=20°
4- -
H i
i
3 .
PR R
27 T EXR
: THEORY
- - "\
; e\
50 100 © 50
PERGENT CHORD PERCENT CHORD
Figure 1k. -
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.93 //——— EXPANSION

M=
R=1.87 x10°
a=0° SHOCK SHOCK

FLOW DIRECTION

o o WITH SPOILER
o WITHOUT SPOILER
O-
P | CALGULATED
(WITH SFOILER)
H . .
0 50 100

PERCENT CHORD

Figure 15.

THREE-DIMENSIONAL SPOILER GHARACTERISTIGS
- EXP. SPOILER

'.5- M= 1.6 ©o
\R = 4.2 x 106 :g p— T
T

o 4 LJ 1 1
p | | .
5 STATION 2 | - STATION 4
Q- I2° : a=i2°
—
1.0 i { y | {
50 100
PERCENT ROOT CHORD
a,
DEG  SPOILER
/———-—--||2 LOWER SURFAGE
10 LOWER OR
------- . UPPER SURFACE

~

END OF . !
SPOILER\‘-IIZ UPPER SURFAGE
1 1

100

) 50
PERGENT SEMISPAN

Figure 16.
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